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INTRODUCTION
Many composite components in aerospace structures are made of flat or curved panels with cocured or adhesively bonded frames and stiffeners. Testing of stiffened panels designed for pressurized aircraft fuselage has shown that bond failure at the tip of the frame flange is an important and very likely failure mode [1] . Comparatively simple specimens consisting of a stringer flange bonded onto a skin have been developed to study skin/stiffener debonding. The failure that initiates at the tip of the flange in these specimens is identical to the failure observed in the full-scale panels and the frame pull-off specimens [2] [3] [4] [5] [6] .
The overall objective of this work was to develop a methodology for cumulative life prediction of bonded composite skin/stringer structures using delamination fatigue characterization data and a geometric nonlinear finite element analysis similar to the approach used for composite rotor hub flexbeams [7] . Results were compared to fatigue tests on stringer flange/skin specimens to verify the methodology.
The damage mechanisms in bonded composite skin/stringer structures under tension fatigue loading conditions were documented. The specimens consisted of a tapered flange, representing the stringer bonded onto a skin. Static tension tests were performed to evaluate the debonding mechanisms between the skin and the bonded flange and yield static failure loads. Then, tension fatigue tests were performed at load levels corresponding to 40, 50, 60, and 70% of the damage onset loads. Microscopic investigations of the specimen edges were used to identify typical damage patterns and to document the onset of matrix cracking and delamination as a function of fatigue cycles.
Next, an analytical methodology to accurately predict the onset of matrix cracking as well as delamination was demonstrated. The tension loading was simulated in a geometrically nonlinear plane-stress finite element model. A stress analysis was used to predict the location and orientation of the first transverse crack based on the principal transverse tension stress distribution in the flange tip area. Computed stresses for different load levels were compared to material characterization data from transverse tensile fatigue tests to generate a curve predicting the onset of matrix cracking. A fracture mechanics approach was used to determine delamination growth from this transverse crack.
Delaminations of various lengths were discretely modeled by releasing multipoint constraints at the locations where delaminations were observed during the experiments. ModeÊI and II strain energy release rate contributions, G I and G II , were calculated for all load cases using the virtual crack closure technique. Computed peak G values were used with G versus N fatigue characterization data generated using DCB, ENF and MMB specimens to predict the fatigue life of the skin/stringer specimens. A cumulative life prediction methodology was developed by combining the results for fatigue life for matrix crack onset and fatigue life for delamination onset.
EXPERIMENTAL INVESTIGATION

MATERIALS AND SPECIMEN PREPARATION
The specimens consisted of a tapered laminate, representing the stringer, bonded onto a skin as shown in FigureÊ1. An IM7/8552 graphite/epoxy system was used for both the skin and flange.
The skin was made of prepreg tape and had a nominal ply thickness of 0.142 mm and a The flange was pre-cured, cut to size, machined with a 25¡ taper along the edges and co-bonded with the uncured skin using one ply of grade 5, FM300 adhesive film. A diamond saw was used to cut the panels into 25.4 mm wide by 177.8Êmm long specimens. The average ply thickness obtained from specimen thickness measurements and micrographs was 0.148 mm for the tape, 0.212 mm for the fabric and 0.178 mm for the adhesive. The properties of the graphite/epoxy material and the adhesive were measured at Boeing and are part of the standard design database for the V-22 tiltrotor aircraft. Typical properties are summarized in Table I . The specimen dimensions are shown in
FigureÊ1.
EXPERIMENTAL PROCEDURE
Quasi-static tension tests were performed in a servohydraulic load frame in displacement control at a stroke rate of 0.4 mm/min. The specimens were mounted in hydraulic grips with a gage length of 101.6 mm as shown in Figure 2 . A total of 4 specimens were tested. One specimens was equipped with two strain gages, one located in the center of the flange and the other located on the skin as close to the flange tip as possible (FigureÊ1). The remaining three specimens had the gage on the flange only. In addition to the strain gages, an extensometer with a 25.4Êmm gage length was mounted on the backside of the specimen and centered on the flange tip as shown in Figure 2 . A damage onset load was determined at which a small initial load drop was observed prior to flange debonding. The value of the damage onset load was averaged from four tests and determined to be 17.8 kN which was later designated as P 100% . The tests were terminated when the flange debonded from the skin.
Fatigue tests were performed at a cyclic frequency of 5 Hz, an R-ratio of 0.1 and load levels corresponding to 70%, 60%, 50% and 40% of the quasi-static damage onset load. Three tests were performed at 70% and 50% and four tests were performed at 60% and 40%. The damage was monitored using a Questar digital microscope on one edge and an optical travelling microscope on the other edge. The specimen edges were painted white to make the cracks and delaminations more visible. Damage was documented based on location at each of the four corners identified in
FigureÊ1. The number of cycles at which the first matrix crack appeared was recorded as well as the number of cycles to delamination onset. After the test, photographs of the polished specimen edges were taken under a light microscope to document the occurrence of matrix cracking and delamination. For two specimens, at intervals of damage growth, the test was stopped and the specimens removed from the grips. Photographs of the polished specimen edges were then taken under a light microscope to document the progression of the damage. At corners 2 and 3, a delamination (delamination B) formed in the top 45¡/-45¡ skin ply interface, as depicted in Figure 3a . In the static tests, the damage was only observed after the test.
Delamination appeared to initiate at the flange tip from a matrix crack in the top 45¡ skin ply as shown in FigureÊ3b. In fatigue, the sequence of events was observed with the Questar microscope.
Micrographs of the polished edge, as shown in FigureÊ4, were also taken at intervals. The first matrix crack occurred in the adhesive pocket, then grew through the top 45¡ skin ply and formed a delamination in the top 45¡/-45¡ skin ply interface, growing towards the center of the flange.
Sometimes, the delamination grew back towards the grip and coalesced with a matrix crack in the top 45¡ ply further from the flange.
At corners 1 and 4, a delamination running in the bondline (delamination A1) initiated from a matrix crack in the adhesive pocket as shown in Figure 5 . In some of the quasi-static cases, a second delamination (A2) was observed below the first, in the top Ð45¡/0¡ skin ply interface.
Delamination A2 was not observed in fatigue. In the fatigue tests, damage first appeared at corner 2 and 3 (delamination B) for 12 of the 14 specimens.
TEST RESULTS relationship between P max and log N was observed.
In
ANALYTICAL INVESTIGATION
FINITE ELEMENT ANALYSIS
The finite element (FE) method was used to study damage initiation using a stress analysis and to study the potential for delamination using fracture mechanics. The schematics of the twodimensional model of the specimen, boundary conditions, and loads applied are shown in
FigureÊ12. FE models for one undamaged and three damaged specimens were developed. Finite element solutions were obtained using the commercial ABAQUS¨/Standard finite element software.
Eight-noded quadrilateral plane-stress (CPS8R) and plane-strain (CPE8R) elements with quadratic shape functions and a reduced (2x2) integration scheme were utilized for the geometric nonlinear analyses [8] .
For the model of the undamaged specimen, a refined mesh was used in the critical area of the 45¡ skin ply where cracking was observed during the tests. An outline and two detailed views of the mesh are shown in FigureÊ12. Outside the mesh refinement area, all plies were modeled with one element through the ply thickness. In the refined region, four elements were used per ply thickness for the first two individual flange plies above the bondline and the top skin ply below the bondline.
Four elements through the thickness were also used to model the adhesive film. Typical ply properties and adhesive material properties used in this study are summarized in Table I .
Based upon examinations of tested specimens, the critical damage was assumed to start at corners 2 and 3 in the form of a matrix crack in the top 45¡ skin ply that developed into a delamination in the 45¡/-45¡ interface as shown in Figure 3 . Therefore, damage was modeled at one flange tip only as shown in FigureÊ13a propagating in the bondline. These three-dimensional patterns of matrix cracks and delaminations, which vary across the width of the specimen, can not be accounted for in any two-dimensional FE model. In addition, the plane-stress model imposes s zz =t xz = t yz =0 at the free edge of each ply and allows the displacement to be the free parameter. The plane-strain model, on the other hand, imposes e zz =g xz = g yz =0 at the free edge, which excessively constrains the plies. An alternative to a full three-dimensional simulation might be a generalized plane-strain model, which requires about the same modeling effort as a simple two-dimensional model [9] . The generalized plane-strain case may be regarded as an intermediate state, and it is assumed that e zz =-n L e xx and g xz = g yz =0 where n L is the laminate PoissonÕs ratio. The current study, however, was restricted to the use of twodimensional models to demonstrate the methodology.
The Virtual Crack Closure Technique (VCCT) described in references [10] and [11] was used to calculate strain energy release rates for the delaminations. The modeÊI and modeÊII components of the strain energy release rate, G I and G II , were calculated as
and
where Da is the length of the elements at the crack tip, X i ' and Y i ' are the forces at the delamination tip at node i, and u m ' and v m ' are the relative displacements at the corresponding node m behind the delamination tip as shown in FigureÊ14. Similar definitions are applicable for the forces at node j and displacements at node l. Both forces and displacements were transformed into a local coordinate system (x', y'), that defined the normal and tangential coordinate directions at the delamination tip in the deformed configuration. The modeÊIII component is identically zero for all the two-dimensional cases evaluated. Therefore, the total strain energy release rate, G T , was obtained by summing the individual mode components as
The data required to perform the VCCT in equations (1) to (3) were accessed directly from the ABAQUS¨ binary result file to get better accuracy. The calculations were performed in a separate post-processing step using nodal displacements and nodal forces at the local elements in the vicinity of the delamination front. Details are given in the appendix.
Care must be exercised in interpreting the values for G I and G II obtained using the virtual crack closure technique for interfacial delaminations between two orthotropic solids as the observed oscillatory singularity at the crack tip becomes an issue for small element lengths [12, 13] . Hence, it had been suggested to use element lengths Da at the crack tip in such a manner that the computed results are insensitive to the variation of Da. For practical applications, the element size (length and height) should not be less than 1/10 of a ply thickness, which corresponds to the diameter of two carbon tows in the carbon/epoxy material modeled. For smaller element sizes the assumption of modeling each ply as an orthotropic continuous layer is no longer valid. For the current investigation, therefore, the element length Da was chosen to be about 1/3 of the ply thickness, h=0.148 mm, for the delamination in the 45¡/-45¡ flange ply interface. Note that for the FE models shown in FigureÊ13 c and d Da/h =0.169 for the first element in the delaminated zone and Da/hÊ=0.338 for the following elements. Consequently, the technique suggested in reference [10] was used to estimate the forces X i ' and Y i ' for the case of unequal element lengths at the delamination tip. For all subsequent delamination growth, a value of Da/h =0.338 was used.
GLOBAL RESPONSE
First, the global response of the specimens was computed at the mean quasi-static damage onset load (P 100% =17.8 kN) determined from experiments. The load-displacement and the load-strain behavior computed were compared to the corresponding experimental results. This global response was used to examine whether the FE model, the boundary conditions, the loads and the material properties used in the model were accurate. Calculated displacements are reported for the locations where they were measured in the quasi-static experiments. Strains were averaged from computed nodal point values over a length corresponding to the dimensions of the strain gages.
A schematic of the deformed geometry, the boundary conditions, and the load applied in the simulations are shown in FigureÊ15. In the schematic, the elongation of the specimen caused by the applied tensile load is shown. Also visible is the bending effect caused by the load eccentricity in the flange region, the asymmetric layup with respect to the neutral axis, and the membrane stiffening effect. The extensometer displacement plots in FigureÊ6 show that there is good agreement between the analyses and the experiments; the models therefore captured the global response. As expected, the specimen shows a stiffer behavior than the experiments when modeled with plane-strain elements. The plane-stress model, on the other hand, is more compliant. A comparison of measured strains at the surface of the flange and computed results is shown in Figure 7 . The nonlinear analysis yielded results that were in close agreement with the experiments. Again, the plane-strain models were stiffer, and the plane-stress models more compliant compared to the tested specimens.
The linear analysis for both cases, however, was not able to capture the transition from compressive flange strains at the beginning to tension flange strains at the end of the loading. Hence, a geometrically nonlinear FE analysis is necessary to account for the effects due to the load eccentricity in the flange region, the asymmetric layup with respect to the neutral axis, and the membrane stiffening effect. In Figure 8 , measured strains at the surface of the top 45¼ skin ply near the flange tip (see Figure 1 ) and computed surface strains were compared. As mentioned above, the plane-strain models showed a stiffer behavior and the plane-stress models a more compliant Stresses at the static failure load computed from the plane-stress analysis correspond well with the transverse tensile strength. Stresses from the plane-strain analysis are excessively high. This is caused by the constraints inherent to the plane-strain model, particularly in the ±45¡ plies. These findings support the conclusions drawn from the comparison of computed and measured skin strains in the previous paragraph. Hence, the geometrically nonlinear plane-stress FE analysis was used for the remainder of this study as it appeared to produced the most accurate results in the area of interest. The computed maximum principal tensile stress calculated from plane-stress analyses for all fatigue load levels are plotted in Figure 18 . During the fatigue tests, first matrix cracking was observed at locations right next to the flange tip ( Figure 5 ) which corresponds to the location where peak stresses were calculated.
A fracture mechanics approach was used to investigate delamination onset once the initial crack had formed. The Virtual Crack Closure Technique (VCCT) was used to calculate the mode I and II components of the strain energy release rates for the delamination. The initial crack was modeled at a location as suggested by the microscopic investigation and the stress analysis described in the previous paragraph. Recall that the models of the discrete matrix cracks and delaminations are shown in FigureÊ13. For this investigation, the delamination growing between the skin top 45¼ and Ð45¼ plies was extended by releasing multi-point constraints at the crack tip and in front of the crack tip. During a series of nonlinear finite element analyses, strain energy release rates were computed at each tip location for the loads applied in the experiments. A critical energy release rate, G c , needs to be determined to predict delamination onset. This critical G is generally identified based on the shape of the total energy release rate versus delamination length curve, which is determined through analysis as shown in FigureÊ19. The G T versus x curve reached a peak at some virtual delamination length and then decreased. The delamination was extended to a total simulated length of 2.2 mm to ascertain that the peak value had been captured. The total energy release rates computed for all load levels are plotted in Figure 19 . To determine the influence of the initial matrix crack location corresponding to the models shown in FigureÊ13, the total energy release rates and the corresponding mixed mode ratios G II /G T at P 100% were plotted in FiguresÊ20 and 21. The results demonstrated that the computed energy release rates and corresponding mixed mode ratios did not depend on the location of the matrix crack that initiated the delamination. A slight discrepancy was only noticeable up to the first four increments of delamination growth. For longer delamination lengths the results for all three cracked models were identical. Hence, the maximum total energy release rate, G T , was chosen as the critical value to be used for the fatigue life prediction. This peak in G T also corresponded to the maximum mode I percentage, i.e., minimum value of G II /G T in Figure 21 .
METHODOLOGY FOR FATIGUE LIFE PREDICTION
For a particular structural component and loading of interest, the cumulative life to failure, N T , may involve the onset and growth of several cracks and delaminations. For example, N T may be predicted by summing the lives for onset of matrix cracking, N M , delamination onset from this matrix crack, N D , and stable delamination growth to a finite acceptable delamination size, N G . Hence,
The current study focussed on the prediction of damage onset only. Hence, stable delamination growth to a finite acceptable delamination size was not considered and the total cumulative life to failure was
MATRIX CRACKING ONSET FATIGUE LIFE PREDICTION
Matrix cracking was the first damage mechanism to occur in the specimen and was followed by delamination. In order to predict the onset of matrix cracking, the following steps were taken.
In FigureÊ22, the relationship between the externally applied tensile load, P, and the principal transverse tensile stresses, s tt , in the top 45¡ skin ply was determined by plotting the loads versus the peak stresses from FigureÊ18. To account for residual stresses after cooldown and moisture absorption, a simple analysis was performed using classical laminate theory. Since the flange had already been cured before it was adhesively bonded to the skin it was not included in the calculation of the residual stresses. Coefficients of hygrothermal expansion were not available for IM7/8552. Therefore, data from similar types of carbon/epoxy prepreg were taken from the literature [14] . The values used in the calculation were: a x = 0.6 x 10 6 1/K, a y =Ê28.6 x 10 6 1/K for the coefficients of thermal expansion in parallel and transverse direction of the fibers and b x =Ê0.0, b y =Ê0.664
(dimensionless) for the coefficients of moisture expansion. The temperature difference between curing and room temperature was assumed to be DT=157 K. The moisture content of the specimens was measured by drying five specimens and comparing the mass before and after drying. The average moisture content was determined to be 0.0042 of the specimen mass. It was assumed that the residual stresses existed prior to testing and were not altered during the fatigue tests. This means that the tests were performed at frequencies which did not result in a temperature increase and therefore did not relax the stresses. Hence, the calculated residual stress was simply added to the transverse tensile stresses obtained from finite element analysis. These results were also included in FigureÊ22.
The transverse tension fatigue life of IM7/8552 carbon-epoxy was characterized using flexure tests of 90¡ laminates loaded in three point bending. A fatigue onset life characterization curve was generated using data from three-point bending tests performed at a frequency of 10ÊHz and a load ratio of R=0.1. The transverse tensile stress s ttmax , (where "max" refers to the maximum stress resulting from the sinusoidal cyclic load applied) was determined from beam theory as 
DELAMINATION ONSET FATIGUE LIFE PREDICTION
Delaminations originated from the matrix cracks as shown in FiguresÊ3 to 5. In order to predict delamination onset, a quasi static mixed-mode fracture criterion had to be determined first [15] .
This was accomplished by plotting G c versus the mixed-mode ratio, G II /G T , determined from data generated using pure Mode I DCB (G II /G T =0), pure Mode II 4ENF (G II /G T =1), and mixed-mode MMB tests of varying ratios, as shown in FigureÊ25 for IM7/8552 [16] . A curve fit of these data was performed to determine a mathematical relationship between G c and G II /G T . Based on this type of fracture criterion, the following steps were taken to determine the delamination onset life.
First, the relationship between the externally applied load, P, and the total energy release rate, G T , was determined by plotting P versus peak G T (from FigureÊ19) as shown in FigureÊ26 for several load cases and fitting a curve to these results. Additionally, the corresponding mixed-mode ratio, G II /G T , was calculated at each load step, and the results were also curve fit and plotted in FigureÊ26.
Due to a minimal variation in the mixed mode ratio, an average constant G II /G T =0.18 was assumed for the following step.
Second, a failure surface as shown in Figure 27 , relating the total energy release rate, G max , to the mixed mode ratio, G II /G T , and the number of cycles to delamination onset, N, was created. The surface was fit through data from fatigue experiments using DCB, 4ENF, and MMB tests [16] . The quasi-static mixed mode failure criterion, as shown in FigureÊ25, is represented in Figure 27 by the plane at log N=0 (N=1). From the failure surface an appropriate fatigue life curve (shown in 
CUMULATIVE LIFE PREDICTION
The prediction curve for cumulative life to onset of failure
is plotted in Figure 30 . For verification the measured P-N data from the fatigue tests, corresponding to the total life to delamination onset in FigureÊ10, were included in the plot of FigureÊ30. For higher number of cycles (N T >10
2 ) the prediction for delamination onset is in good agreement with the experimental observations. However, agreement was not as good for low load cycles (N T <10
2 ), primarily reflecting the poor agreement noted earlier for the matrix cracking onset.
CONCLUDING REMARKS
A composite bonded skin/stringer specimen was used to demonstrate a methodology for determining the fatigue life based on matrix cracking and delamination fatigue onset characterization data along with geometric nonlinear finite element analyses. A consistent step-wise approach was used to investigate the damage mechanism in composite specimens which consisted of a tapered composite flange, representing a stringer or frame, bonded onto a composite skin. The approach used experiments to detect the failure mechanism, computational stress analysis to determine the location and onset of first matrix cracking, and computational fracture mechanics to investigate the potential for subsequent delamination growth.
In a first step, quasi-static tension and fatigue tests were performed to evaluate the debonding mechanisms between the skin and the bonded stringer. Specimen edges were examined on the microscope to document the damage occurrence. Observed failures initiated in the top 45¡ skin ply near the flange tip causing the flange to almost fully debond from the skin.
Based upon the experimental findings, a two-dimensional nonlinear plane-stress finite element (FE) analysis was performed using the ABAQUS¨ FE code in a second step. To predict matrix cracking onset, the relationship between the externally applied tension load and the maximum principal stresses was determined through geometrically nonlinear analysis. Transverse tension fatigue life data from flexure tests of 90¡ laminates loaded in three-point bending were used to generate an onset fatigue life P-N curve for matrix cracking. The resulting prediction agreed reasonably well with measured data from the skin/stringer specimen fatigue tests at higher cycles.
A fracture mechanics approach was used to determine when a delamination would grow from the transverse matrix cracks. Delaminations of various lengths were simulated as starting in locations where matrix cracks had been observed during the tests. Mixed mode energy release rates were computed using the virtual crack closure technique. It was demonstrated that the energy release rates and the corresponding mixed mode ratios, computed as a function of delamination length, were insensitive to small changes in the location used to start the initial matrix crack in the finite element model. Using the peak values in the mixed mode energy release rate versus delamination length plot, the relationship between the externally applied tension load and the critical energy release rate was created. Further, a failure surface relating the total energy release rate to the mixed mode ratio and the numbers of cycles to delamination onset was generated. The fit surface was used to create an onset fatigue life P-N curve for delamination at the computed mixed mode ratio. The resulting prediction was in good agreement with data from the skin/stringer specimen fatigue tests.
Additionally, the prediction curve for cumulative life to failure was generated from the matrix onset and delamination onset fatigue life curves. The results were in good agreement with data from the skin/stringer specimen fatigue tests which demonstrated that the methodology offers a significant potential to predict the cumulative fatigue life of composite structures. 
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APPENDIX
Currently, the large commercial finite element codes do not offer the choice for calculating the mixed mode energy release rates using the virtual crack closure technique (VCCT) as described in the main text. Therefore, the energy release rate components G I and G II were computed in an separate post-processing step. The element forces at nodes, the nodal point displacements and the nodal point coordinates required as input were extracted directly from the ABAQUS¨ binary result file using a user written FORTRAN routine (extract.f) the flow chart of which is depicted in 
